
Chapter 7

Incompressible Flo w Over Airfoils

Aero dynamics of wings:
{2-D sectional characteristics of the airfoil;
{Finite wing characteristics (How to relate 2-D characteristics to 3-D characteristics)

Ho w to obtain 2-D characteristics?
(a)Experimental methods (NACA airfoils)
(b)Analytical methods
(c)Numerical methods

Airfoil characteristics:
(1) Cl ¡ ®
(2) Cd ¡ ®
(3) Cm;c= 4 ¡ ®

Characteristics of Cl ¡ ® curve:
(a)®l =0

(b)a0 = dC l
d®

(c)Cl max
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CHAPTER 7. INCOMPRESSIBLE FLOW OVER AIRFOILS 7.1. VORTEX FILAMENT

At low to moderate anglesof attack Cl ¡ ® curve is linear. The °ow moves slowly over the airfoil and is
attached over most of the surface. At high anglesof attack, the °ow tends to separatefrom the top surface.

² Cl ;max occurs prior to stall

² Cl ;max is dependent on Re = ½vc
¹

² Cm;c= 4 is independent of Re except for large ®

² Cd is dependent on Re

² The linear portion of the Cl ¡ ® curve is independent of Re and can be predicted using analytical
methods.

Theoretical/analytical metho ds to evaluate 2-D characteristics:
Recall from potential °ow that a spinning cylinder produces lift L = ½V¡. For a 2-D Vortex (spinning
clockwise):

Ã =
¡
2¼

lnr

Á = ¡
¡
2¼

µ

vµ =
¡
2¼

r

vr = 0

7.1 Vortex Filamen t

Consider 2-D/p oint vortices of samestrength duplicated in every plane parallel to the z-x plane along the
y-axis from ¡1 to 1 . The °ow is 2-D and is irrotational everywhereexcept the y-axis. y-axis is the straight
vortex ¯lament and may be de¯ned as a line.

² De¯nition: A vortex ¯lament is a straight or curved line in a °uid which coincideswith the axis of
rotation of successive °uid elements.

² Helmholt's vortex theorems:

1. The strength of a vortex ¯lament is constant along its length.

Proof: A vortex ¯lament induces a velocity ¯eld that is irrotational at every point excluding
the ¯lament. Enclosea vortex ¯lament with a sheath from which a slit has been removed. The
vorticit y at every point on the surface=0. Evaluate the circulation for the sheath.

Circulation = ¡
H

C

~V ¢d~s = ¡
RR

S (r £ ~V) ¢d ~A.

Sheath is irrotational. Thus r £ ~V = 0, ¡
H

C

~V ¢d~s = 0 or
H ~V ¢d~s = 0

bZ

a

~V ¢d~s +

cZ

b

~V ¢d~s +

dZ

c

~V ¢d~s +

aZ

d

~V ¢d~s = 0

However,

cZ

b

~V ¢d~s +

aZ

d

~V ¢d~s = 0
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CHAPTER 7. INCOMPRESSIBLE FLOW OVER AIRFOILS 7.1. VORTEX FILAMENT

as it constitutes the integral acrossthe slit.
Thus,

bZ

a

~V ¢d~s +

dZ

c

~V ¢d~s = 0

bZ

a

~V ¢d~s = ¡

dZ

c

~V ¢d~s =
Z c

d

~V ¢d~s = ¡

2. A vortex ¯lament cannot end in a °uid; it must extend to the boundaries of the °uid or form a
closedpath.

3. In the absenceof rotational external °ow, a °uid that is irrotational remains irrotational.

4. In the absenceof rotational extenal force, if the circulation around a path enclosinga de¯nite
group of particles is initially zero, it will remain zero.

5. In the absenceof rotational extenal force, the circulation around a path that enclosesa tagged
group of elements is invariant.
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CHAPTER 7. INCOMPRESSIBLE FLOW OVER AIRFOILS 7.1. VORTEX FILAMENT

Vortex Sheet or vortex surface

An in¯nite number of straight vortex ¯laments placedsideby side form a vortex sheet. Each vortex ¯lament
has an in¯nitesimal strength ° (s).

q

r
v v

vortex sheet

r

ds

q

° (s) is the strength of vortex sheetper unit length along s.
vµ = ¡ ¡

2¼r for 2-D (point vortex).

A small portion of the vortex sheet of strength ° ds induces an in¯nitesimally small velocity dV at a ¯eld
point P(r; µ).
So, vµjvortexf il ament = ¡ ° ds

2¼r
::: dvP = ¡ ° ds

2¼r .

Circulation ¡ around a point vortex is equal to the strength of the vortex. Similarly, the circulation around
the vortex sheetis the sum of the strengths of the elemental vortices. Therefore, the circulation ¡ for a ¯nite
length from point 'a' to point 'b' on the vortex sheet is given by:

¡ =
Rb

a ° (s)ds

Acrossa vortex sheet,there is a discontinuouschangein the tangential component of velocity and the normal
component of velocity is preserved.

D

2

1
2

1

n

w

u

w

u

s

x

z

D
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CHAPTER 7. INCOMPRESSIBLE FLOW OVER AIRFOILS 7.1. VORTEX FILAMENT

¢¡ = ¡
Z

~v ¢d~l

¢¡ = ¡
Z

B ox
~v ¢d~l = ¡ [w2¢ n ¡ u1¢ s ¡ w1¢ n + u2¢ s]

° ¢ s = (u1 ¡ u2)¢ s + (w1 ¡ w2)¢ n

As ¢ n ! 0, we get

° ¢ s = (u1 ¡ u2)¢ s or ° = (u1 ¡ u2)

° = (u1 ¡ u2) states that the local jump in tangential velocity acrossthe vortex sheet is equal to the local
sheetstrength.

Kutta Condition:

For a giv en airfoil at a giv en angle of attac k, the value of ¡ around the airfoil is such that
the °o w leaves the trailing edge smoothly .

The Kutta condition tells us how to ¯nd ¡; it is based on experimental observation. A body with ¯-
nite angleTE in relative motion through a °uid will create about itself a circulation of su±cient strength to
hold the rear stagnation point at the TE. If the TE has a zero angle, the Kutta Condition requires that the
velocity of °uid leaving upper and lower surfacesat the TE be equal and non-zero. A body with a ¯nite TE
angle will have crossingstreamlines at the TE unlessthe TE is a stagnation point. The Kutta Condition
eliminates the crossingstreamlines. Consider the TE as a vortex sheet:

° (TE) = Vu ¡ Vl

If the TE hasa ¯nite angleVu = Vl = 0 becauseTE is a stagnation point. Or ° (TE) = 0. If the TE is a cusp
(zero angle), Vu = Vl and hence° (TE) = Vu ¡ Vl = 0. Thus, Kutta Condition expressedmathematically in
terms of vortex strength is ° (TE) = 0.

7.1.1 Bound Vortex and Starting Vortex

The question might arise: Doesa real airfoil °ying in a real °uid give rise to a circulation about itself? The
answer is yes. When a wing section with a sharp T.E is put into motion, the °uid has a tendency to go
around the sharp T.E from the lower to the upper surface. As the airfoil movesalong vortices are shedfrom
the T.E which form a vortex sheet.
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CHAPTER 7. INCOMPRESSIBLE FLOW OVER AIRFOILS 7.1. VORTEX FILAMENT

² Helmholtz's theorem:

If ¡ = 0 originally in a °ow it remains zero.

² Kelvin's theorem:

Circulation around a closedcurve formed by a set of continuous °uid elements remains constant as
the °uid elements move through the °ow, D ¡

D t = 0. Substantial derivative gives the time rate of
change following a given °uid element. The circulation about the airfoil is replaced by a vortex of
equal strength. This is the bound vortex since it remains bound to the airfoil. A true vortex remains
attaced to the same°uid particles and moveswith the general°ow. Thus, as far as resultant forcesare
concerned,a bound vortex of proper strength in a uniform °ow is equivalent to a body with circulation
in a uniform °ow.

² Both the theoremsare satis¯ed by the starting vortex and bound vortex system. In the beginning, ¡ 1

= 0 when the °ow is started within the contour C1. When the °ow over the airfoil is developed, ¡ 2

within C2 is still zero which includes the starting vortex ¡ 3 and the bound vortex ¡ 4 which are equal
and opposite.

Copyrigh t c° 2005
All righ ts reserved under Dr. Ganesh Rajagopalan

66



CHAPTER 7. INCOMPRESSIBLE FLOW OVER AIRFOILS 7.1. VORTEX FILAMENT

Copyrigh t c° 2005
All righ ts reserved under Dr. Ganesh Rajagopalan

67



CHAPTER 7. INCOMPRESSIBLE FLOW OVER AIRFOILS 7.2. FUNDAMENTAL EQUATION OF THIN AIRFOIL THEORY

7.2 Fundamen tal Equation of Thin Airfoil Theory

Principle: Mean camber line is a streamline of the °ow.
Velocity induced by a 2-D vortex is ~V = vµêµ = ¡ ¡

2¼r êµ where ¡ is the strength of the 2-D vortex. Similarly
the velocity induced by the vortex sheetof in¯nitesimal length ds is given by

d~vP = ¡
° (s)ds

2¼r
êµ

To force the mean camber line to be a streamline, the sum of all velocity components normal to the mcl
must be equal to zero. Consider the °ow induced by an elemental vortex sheetds at a point P on the vortex
sheet. It is perpendicular to the line connecting the center of ds to the point P given by

d~vP = ¡
° (s)ds

2¼r
êµ

Thus dw0
P the velocity normal to the mcl is:

dw0
P = dvP cos¯ = ¡

° (s) cos¯ ds
2¼r

where ¯ is the anglemadeby dvp to the normal at P, and r is the distance from the center of ds to the point
P.
The induced velocity due to the vortex sheet representing the entire mcl is given by;

w0
P (s) = ¡

1
2¼

T EZ

LE

° (s) cos¯
r

ds

Now determine the component of the freestreamvelocity normal to the mcl.
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CHAPTER 7. INCOMPRESSIBLE FLOW OVER AIRFOILS 7.3. FLAT PLATE AT AN ANGLE OF ATTACK

V1 ;n = V1 sin(®+ ²)

where ® is the angle of attack and ² is the angle made by the tangent at point P to the x-axis.
The slope of the tangent line at point P is given by:

dz
dx

= tan(¼¡ ²) = ¡ tan ²

or

² = tan¡ 1(¡
dz
dx

)

V1 ;n = V1 (sin ®+ tan¡ 1(¡
dz
dx

))

In order that the mcl is a streamline. w0
P (s) + V1 ;n = 0, or

¡
1

2¼

T EZ

LE

° (s) cos¯
r

ds + V1 (sin ®+ tan¡ 1(¡
dz
dx

)) = 0

within thin airfoil theory approximation s ! x, ds ! dx, cos¯ = 1 and r ! (x0 ¡ x), where x varies from 0
to c, and x0 refers to the point P.

After changing these variables and making the small angle approximation for sin and tan, and upon rear-
rangement we get:

1
2¼

cZ

0

° (x)
x0 ¡ x

dx = V1 (®¡
dz
dx

)

7.3 Flat Plate at an Angle of A ttac k

The following analysis is an exact solution to the °at plate or an approximate solution to the symmetric
airfoil. The mean camber line becomesthe chord and hence:

dz
dx

= 0

1
2¼

cZ

0

° (x)
(x0 ¡ x)

dx = V1 ®

In order to facilitate analytic solution, we do a variable transformation such that:

x =
c
2

(1 ¡ cosµ)

x0 =
c
2

(1 ¡ cosµ0)

µ = 0 at LE and µ = ¼at TE and µ increasesin CW, dx = c
2 sinµdµ

1
2¼

¼Z

0

° (µ) c
2 sinµ

c
2 [(1 ¡ cosµ0) ¡ (1 ¡ cosµ)]

dµ = V1 ®
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CHAPTER 7. INCOMPRESSIBLE FLOW OVER AIRFOILS 7.4. 2-D LIFT COEFFICIENT FOR A THIN/SYMMETRICAL AIRFOIL

1
2¼

¼Z

0

° (µ) sinµ
(cosµ ¡ cosµ0)

dµ = V1 ®

Here we simply state a rigorous solution for ° (µ) as:

° (µ) = 2®V1
1 + cosµ

sinµ
We can verify this solution by substitution as follows:

1
2¼

¼Z

0

° (µ) sinµ
(cosµ ¡ cosµ0)

dµ =
V1 ®

¼

¼Z

0

(1 + cosµ)
(cosµ ¡ cosµ0)

dµ

We now usethe following result to evaluate the above integral.

¼Z

0

(cosnµ)
(cosµ ¡ cosµ0)

dµ =
¼sinnµ0

sinµ0

V1 ®
¼

¼Z

0

(1 + cosµ)
(cosµ ¡ cosµ0)

dµ =
V1 ®

¼

0

@
¼Z

0

1
cosµ ¡ cosµ0

dµ+

¼Z

0

cosµ
cosµ ¡ cosµ0

dµ

1

A (7.1)

=
V1 ®

¼
(0 + ¼) = V1 ® (7.2)

Thus, it satis¯es the equation:

1
2¼

¼Z

0

° (µ) sinµ
(cosµ ¡ cosµ0)

dµ = V1 ®

In addition, the solution for ° also satis¯es the Kutta condition.
When µ = ¼,

° (¼) = 2V1 ®
1 ¡ 1

0
By using L'Hospital' rule, we get

° (¼) = 2V1 ®
¡ sin¼
cos¼

= 0

Thus it sati¯es the Kutta condition.

7.4 2-D lift coe±cien t for a thin/symmetrical airfoil

L
0

= ½1 V1 ¡ = ½V1

T EZ

LE

° (s)ds

Where s is along the mcl.
By using thin airfoil approximation:

L
0

' ½V1

T EZ

LE

° (x)dx = ½V1

cZ

0

° (x)dx
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CHAPTER 7. INCOMPRESSIBLE FLOW OVER AIRFOILS 7.4. 2-D LIFT COEFFICIENT FOR A THIN/SYMMETRICAL AIRFOIL

Using the transformation x = c
2 (1 ¡ cosµ)

L
0

' ½1 V1

cZ

0

° (x)dx =
1
2

½1 V1 c

¼Z

0

° (µ) sinµdµ

Substituting the solution:

° (µ) =
2®V1 (1 + cosµ)

sinµ

L
0

'
1
2

½1 V1 c

¼Z

0

2V1 ®(1 + cosµ)dµ

L
0

' ®½1 V 2
1 c

¼Z

0

(1 + cosµ)dµ

L
0

' c¼®½1 V 2
1

L
0

' 2¼®(
½1 V 2

1

2
)(c £ 1)

L
0

' 2¼®q1 S

or Cl = L
0

q1 S = 2¼®, and dC l
d® = 2¼

dC l
d® = 2¼shows that lift curve is linearly proportional to the angle of attack.

7.4.1 Calculation of Momen t Coe±cien t

M
0

LE = ¡

cZ

0

x(dL
0
) (7.3)

= ¡

cZ

0

x(½1 V1 d¡) (7.4)

= ¡

cZ

0

x(½1 V1 ° (x)dx) (7.5)

= ¡ ½1 V1

cZ

0

° (x)xdx (7.6)

= ¡ ½1 V1

¼Z

0

2®V1 (1 + cosµ)
sinµ

¢
c
2

(1 ¡ cosµ) ¢
c
2

sinµdµ (7.7)

= ¡ 2®½1 V 2
1

c2

4

¼Z

0

(1 ¡ cos2 µ)dµ (7.8)

= ¡ ®½1 V 2
1

c2

2

³ ¼
2

´
(7.9)

= ¡ q1 c2
³ ®¼

2

´
(7.10)
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CHAPTER 7. INCOMPRESSIBLE FLOW OVER AIRFOILS 7.5. THIN AIRFOIL THEORY FOR CAMBERED AIRFOIL

Cm;LE =
M

0

LE

q1 Sc
=

M
0

LE

q1 c2 = ¡
¼®
2

Cl = 2¼®

Cm;LE = ¡
Cl

4

M
0

LE = M
0

c=4 ¡ L
0

c=4

Cm;LE = Cm;c= 4 ¡ Cl =4

Cm;LE = ¡ Cl =4

Cm;c= 4 = 0

Cm;c= 4 is equal to zero for all valuesof ®.

c=4 is the aerodynamic center. Aerodynamic center is that point on an airfoil wheremoments are independant
of angle of attack.

7.5 Thin Airfoil Theory for Cam bered Airfoil

1
2¼

Z c

0

° (x)dx
x0 ¡ x

= V1 (®¡
dz
dx

) (A)

where dz
dx is the slope of mcl at x0.

For symmetric airfoil, mcl is a straight line and hence dz
dx = 0 everywhere. On the other hand, for a cambered

airfoil dz
dx varies from point to point.

As before,we do a variable transformation given by:

x =
c
2

(1 ¡ cosµ)

dx =
c
2

sinµdµ

Equation (A) becomes:

1
2¼

Z c

0

° (µ) sinµdµ
(cosµ ¡ cosµ0)

= V1 (®¡
dz
dx

) (B )

has a solution of the form:

° (µ) = 2V1 [A0(
1 + cosµ

sinµ
) +

1X

n =1

An sinnµ]

Sub. solution in equation (B)

1
¼

Z ¼

0

A0(1 + cosµ)
(cosµ ¡ cosµ0)

dµ+
1
¼

1X

n =1

Z ¼

0

An sinnµ sinµ
(cosµ ¡ cosµ0)

dµ = (®¡
dz
dx x 0

)

Using the integral Z ¼

0

cosnµ
(cosµ ¡ cosµ0)

dµ = ¼
sinnµ0

sinµ0
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CHAPTER 7. INCOMPRESSIBLE FLOW OVER AIRFOILS 7.5. THIN AIRFOIL THEORY FOR CAMBERED AIRFOIL

The ¯rst term becomes:

1
¼

Z ¼

0

A0(1 + cosµ)
(cosµ ¡ cosµ0)

dµ

=
1
¼

Z ¼

0

A0

(cosµ ¡ cosµ0)
dµ+

1
¼

Z ¼

0

A0 cosµ
(cosµ ¡ cosµ0)

dµ

= A0

Using the integral Z ¼

0

sinnµ sinµ
(cosµ ¡ cosµ0)

dµ = ¡ ¼cosnµ0

The secondterm becomes:

1
¼

1X

n =1

Z ¼

0

An sinnµ sinµ
(cosµ ¡ cosµ0)

dµ »= ¡
1X

n =1

An cosnµ0

Therefore Equation (B) becomes:

A0 ¡
1X

n =1

An cosnµ0 = ®¡
dz
dx x 0

Upon rearrangement the slope at a point P on the mcl is given by:

dz
dx

= (®¡ A0) +
1X

n =1

An cosnµ0

From Fourier serious

f (µ) = B0 +
1X

n =1

Bn cosnµ

Where,

B0 =
1
¼

Z ¼

0
f (µ)dµ

Bn =
2
¼

Z ¼

0
f (µ) cosnµdµ

n = 1; 2; :::; 1

(®¡ A0) = B0 =
1
¼

Z ¼

0
(
dz
dx

)dµ

An = Bn

Evaluation of ¡

¡ =
Z c

0
° (x)dx =

c
2

Z c

0
° (µ) sinµdµ

From thin airfoil theroy

° (µ) = 2V1 [
A0(1 + cosµ)

sinµ
+

1X

n =1

An sinnµ]

¡ =
c
2

Z c

0
° (µ) sinµdµ =

c
2

Z ¼

0
2V1 A0(1 + cosµ)dµ+

c
2

Z ¼

0
2V1

1X

n =1

An sinnµ sinµdµ

= cV1 [A0(µ + sinµ)j¼0 +
1X

n =1

An

Z ¼

0
sinnµ sinµdµ]
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CHAPTER 7. INCOMPRESSIBLE FLOW OVER AIRFOILS 7.5. THIN AIRFOIL THEORY FOR CAMBERED AIRFOIL

Using
1X

n =1

An

Z ¼

0
sinnµ sinµdµ

=
¼
2

f or n = 1

= 0 f or n 6= 1

¡ = cV1 [A0¼+ A1
¼
2

]

L 0 = ½1 V1 ¡ = ½V2
1 c[¼A0 +

¼
2

A1]

Cl =
L 0

q1 s
=

L 0

q1 c
= 2[¼A0 +

¼
2

A1]

Cl is normalized by the ® as seenby the chord connecting the LE and TE of the mcl.
c is the chord connecting the LE and TE of the mcl.

Cl = 2¼A0 + ¼A1

= 2¼
µ

®¡
1
¼

Z ¼

0

µ
dz
dx

¶
dµ

¶
+ ¼

µ
2
¼

Z ¼

0

µ
dz
dx

¶
cosµdµ

¶

= 2¼
·
®+

1
¼

Z ¼

0

µ
dz
dx

¶
(cosµ ¡ 1)dµ

¸

dCl

d®
= 2¼

as is the casefor symmetric airfoil.
Also,

Cl =
dCl

d®
(®¡ ®L =0 ) = 2¼(®¡ ®L =0 )

::: ®L =0 = ¡
1
¼

Z ¼

0
(cosµ ¡ 1)

dz
dx

dµ

Determination of momen t coe±cien t

M 0
LE = ¡ ½1 V1

Z c

0
x° (x)dx

Cm;LE =
M 0

LE

q1 sc
=

¡ 2
V1 c2

Z c

0
x° (x)dx

As beforewe do a variable transformation from x to µ. Thus,

x =
c
2

(1 ¡ cosµ)

dx =
c
2

sinµdµ

° (µ) = 2V1 [
A0(1 + cosµ)

sinµ
+

1X

n =1

An sinnµ]

Cm;LE = ¡
Z ¼

0
A0(1 ¡ cos2 µ)dµ¡

1X

n =1

An

Z ¼

0
(1 ¡ cosµ) sinµsinnµdµ
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CHAPTER 7. INCOMPRESSIBLE FLOW OVER AIRFOILS 7.5. THIN AIRFOIL THEORY FOR CAMBERED AIRFOIL

Using the following de¯nite integrals: Z ¼

0
cos2 µdµ =

¼
2

Z ¼

0
sin2 µdµ =

¼
2

Z ¼

0
sinµsinnµdµ

=
¼
2

f or n = 1

= 0 f or n = 2; :::; 1
Z ¼

0
sinµcosµsinnµdµ

= 0 f or n = 1

=
¼
4

f or n = 2

= 0 f or n = 3; :::; 1

Cm;LE = ¡
Z ¼

0
A0dµ+

Z ¼

0
A0 cos2 µdµ

¡
1X

n =1

µ
An

Z ¼

0
sinµsinnµdµ¡ An

Z ¼

0
sinµcosµsinnµdµ

¶

= ¡ ¼A0 + A0
¼
2

¡ A1
¼
2

+ A2
¼
4

= ¡ A0
¼
2

¡ A1
¼
2

+ A2
¼
4

Cl = 2¼A0 + A1¼

Cm;LE = ¡
¼
2

·
2A0 + 2A1 ¡ A2

2

¸
= ¡

·
Cl

4
+

¼
4

(A1 ¡ A2)
¸

M 0
LE = M 0

c
4

¡ L 0c
4

(1)

Cm;LE = cm; c
4

¡
Cl

4
= ¡

·
Cl

4
+

¼
4

(A1 ¡ A2)
¸

(2)

Cm; c
4

= ¡
¼
4

(A1 ¡ A2)

Cm;LE = ¡ xcp
Cl

c
(3)

xcp = [
c
4

+
¼c
4Cl

(A1 ¡ A2)] =
1
4

[c +
¼c
Cl

(A1 ¡ A2)]

Relationship between pressure on mcl and °

dL0 = (pl ¡ pu ) cos´ (ds ¢1)

L 0 =
Z T E

LE
(pl ¡ pu ) cos´ ds (A)

L 0 =
Z T E

LE
½V1 ° (s)ds (B )

Equating (A) and (B) and setting cos´ »= 1, we get
Z T E

LE
(pl ¡ pu )ds =

Z T E

LE
½V1 ° (s)ds
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CHAPTER 7. INCOMPRESSIBLE FLOW OVER AIRFOILS 7.5. THIN AIRFOIL THEORY FOR CAMBERED AIRFOIL

or
(pl ¡ pu ) = ½V1 ° (s) (1)

Using Bernoullis equation:

pl +
1
2

½(u2
l + w2) = pu +

1
2

½(u2
u + w2)

pl ¡ pu =
½
2

(uu + ul )(uu ¡ ul ) (2)

From vortex sheet theory:
uu ¡ ul = ° (s) (3)

From (1), (2) and (3)

V1 =
uu + ul

2
i.e., within thin airfoil approximation, the averageof top and bottom surfacevelocities at any point on the
mcl is equal to the freestreamvelocity.

cp;l ¡ cp;u =
(pl ¡ p1 )

q1
¡

(pu ¡ p1 )
q1

=
pl ¡ pu

q1

=
1
2 ½(uu + ul )(uu ¡ ul )

q1

=
° (s)(2V1 )

v2
1

=
2° (s)
V1
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